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Langley Aerothermodynamic Facilities Complex 
Enhancements and Testing Capabilities 


John R. Micol 

NASA Langley Research Center 
Hampton, VA 23681-0001 

Description, capabilities, recent upgrades, and utilization of the NASA Langley Research Center 
(LaRC) Aerothermodynamic Facilities Complex (AFC) are presented. The AFC consists of five 
hypersonic, blow-down-to-vacuum wind tunnels that collectively provide a range of Mach number 
from 6 to 20, unit Reynolds number from 0.04 to 22 million per foot and, most importantly for 
blunt configurations, normal shock density ratio from 4 to 12. These wide ranges of hypersonic 
simulation parameters are due, in part, to the use of three different test gases (air, helium, and 
tetrafluoromethane), thereby making several of the facilities unique. The Complex represents 
nearly three-fourths of the conventional (as opposed to impulse) -type hypersonic wind tunnels 
operational in this country. AFC facilities are used to assess and optimize the hypersonic 
aerodynamic performance and aeroheating characteristics of aerospace vehicle concepts and to 
provide benchmark aerodynamic/aeroheating data for generating the flight aerodynamic 
databook and final design of the thermal protection system (TPS) (e.g., establishment of flight 
limitations not to exceed TPS design limits). Modifications and enhancements of AFC hardware 
components and instrumentation have been pursued to increase capability, reliability, and 
productivity in support of programmatic goals. Examples illustrating facility utilization in recent 
years to generate essentially all of the experimental hypersonic aerodynamic and aeroheating 
information for high-priority, fast-paced Agency programs are presented. These programs include 
Phase I of the Reusable Launch Vehicle (RLV) Advanced Technology Demonstrator, X-33 program. 
Phase II of the X-33 program, X-34 program, the Hyper-X program (a Mach 5,7, and 10 
airbreathing propulsion flight experiment), and the X-38 program (Experimental Crew Return 
Vehicle, X-CRV). Current upgrades/enhancements and future plans for the AFC are discussed. 


Introduction 

After nearly a decade of decline in 
hypersonics, a resurgence occurred in the raid- 
1980's, precipitated by planetary and earth- 
entry programs (e.g., Jones, 1987; Walberg, 
1982; Naftel et al., 1989; Piland and Talay, 
1989; Walberg, 1988). The primary impetus 
for this renewed interest was the National 
Aero-Space Plane (NASP), (e.g., Colladay, 
1987), a single-stage-to-orbit concept 
employing airbreathing propulsion and 
representing a quantum leap in technologies. 
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In the late 1980’s and early 1990’s, several 
studies were performed for various 
transatmospheric vehicles, single-stage-to-orbit 
(SSTO), reusable launch vehicle (RLV), and 
small-payload-to-orbit concepts. More recent 
studies include Phase I of the Reusable Launch 
Vehicle (RLV)/Advanced Technology 
Demonstrator, X-33 program, Phase II of the 
X-33 program (see Hamilton, H. H. Ill, et al., 
1998), the X-34 program (e.g., Berry et al., 
1998), the Hyper-X program (a Mach 5,7, and 
10 airbreathing propulsion flight experiment), 
and the X-38 program (Experimental Crew 
Return Vehicle (X-CRV)) (Berry et al. 1997; 
Campbell et al. 1997; Loomis et al., 1997). A 
renewed interest in planetary rendezvous, 
atmospheric entry, and landing has occurred 
with the Mars Pathfinder Mission (Braun, et 
al., 1995; Gnoffo, et al., 1996; Horvath et al., 
1996 and 1997; Gnoffo, et al., 1998) 
complemented by follow-on activities into the 
next century such as the Mars Microprobes 
(Mitcheltree et al., 1998). In response to the 
aerothermodynamic testing requirements for 
these and other programs, the NASA Langley 



Research Center, in particular the 
Aerothermodynamics Branch, has performed 
modifications, upgrades, and enhancements to 
the hypersonic facilities comprising the 
Aerothermodynamic Facilities Complex (AFC). 
Over a ten year span, facility upgrades have 
been advocated and accomplished via the 
minor Construction of Facilities (CoF) program 
and a single major CoF project occurring in 
1989. In this same time period, significant 
upgrades to the instrumentation, signal 
conditioning, and data acquisition systems for 
these facilities were achieved via the Agency 
Aeronautical Wind Tunnel Revitalization 
Program and various other funding sources. 
The emphases of these upgrades were to 
provide improved flow quality, capability, 
productivity, and reliability. 

The purpose of the paper is to: 1) 
provide an update on the AFC and discuss 
enhancements to the facilities and to 
measurement techniques that occurred since the 
publication of Micol 1995; 2) present AFC 
capabilities and facility-to-facility 
compatibility; 3) briefly discuss recent 
utilization of these facilities for several high 
priority fast-paced Agency programs; and 4) 
discuss future approved and proposed upgrades 
for the AFC. 

Description, Capabilities, and 

Status of Facilities 

Section Preface 

The Langley Aerothermodynamic 
Facilities Complex (AFC) consists of five 
hypersonic, blowdown-to-vacuum, 

conventional (as opposed to impulse)-type 
wind tunnels that complement one another to 
provide wide ranges of free stream Mach 
number, M^, unit Reynolds number, R M , and 

normal shock density ratio, P 2 ' / P 00 - Three 

different test gases are used as flow media: dry 
air, helium, and tetrafluoromethane (CF 4 ). 

The tunnels of the AFC are described to various 
degrees of detail in this section. A more 
complete description of the AFC facilities is 
presented in Micol, 1995 and Miller, 1992 and 
1990, or by accessing the AFC website @ 
http ://cyclops-mac . larc .nasa. go v/AFCwww 
/AFC.html. 


Facility designations are defined using 
the following format. First, the size of the 
facility is given in terms of nozzle exit 
diameter or height, followed by its nominal 
Mach number and its test gas. When multiple 
facilities provide the same Mach number with 
the same test gas, then a pertinent feature such 
as high reservoir temperature is specified. For 
convenience, the operating conditions of the 
five facilities are summarized in Table 1 (see 
Hollis 1996). 

All but three of the facilities are located 
in the Gas Dynamics Laboratory, building 
1247. The 31 -Inch Mach 10 Air and the 15- 
Inch Mach 6 High Temperature Air Tunnels 
are located in building 1251 (along with the 
Langley Unitary Plan Wind Tunnel) and the 
20-Inch Mach 6 CF 4 Tunnel is located in 

building 1275. Photographs illustrating some 
basic features of these tunnels are shown in fig. 


20-Inch Mach 6 CF^ Tunnel 

The CF 4 tunnel is the only known 
operational, relatively low enthalpy, 
hypersonic wind tunnel in the country that 
generates a normal shock density ratio 
approaching that experienced during the 
hypervelocity portion of reentry into the 
Earth's atmosphere or during entry into some 
other planetary atmosphere. The significance 
of this capability to simulate the high density 
ratio aspect of a real (i.e., dissociated) gas such 
as occurs in flight has been illustrated for the 
AFE configuration as shown in fig. 2 (e.g., 
Micol, 1992) and the Space Shuttle Orbiter (see 
fig. 3; from Paulson and Brauckmann, 1995). 
The high density ratio and/or low ratio of 
specific heats (y) aspect may be a significant 
factor in the hypersonic aerodynamics of 
moderately blunt to blunt bodies. (The density 
ratio produced in conventional-type 
hypersonic wind tunnels using air as the test gas 
is about 6, and only 4 in helium as compared to 
1 2 in CF 4 at Mach 6; the advantages of using 

CF 4 , which is three times heavier than air, as 

the test gas are discussed by Jones and Hunt 
1969). 
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The basic components of this tunnel 
include a CF 4 storage trailer, high-pressure CF 4 

bottlefield, pressure regulator, salt-bath storage 
heater, a dual filtering system consisting of 20 
and 5 micron in-line filters, settling chamber, 
nozzle, open-jet test section possessing a large 
number of optical accesses, diffuser, 
aftercooler, vacuum system, and CF 4 reclaimer. 

The CF 4 test gas is heated to a maximum 

temperature of approximately 1500°R by an 
electrical resistance heated storage bath-type 
heater containing a mixture of liquid heat- 
transfer salts (i.e., 50 percent Sodium Nitrate, 
NaN03 and 50 percent Potassium Nitrate, 
KN03). Flow is expanded through an 
axisymmetric contoured nozzle (Benton, 1989 
and Benton et al., 1990) having a throat 
diameter of 0.446 in., an exit diameter of 20 
in., and designed to produce Mach 6 at the exit. 
The settling chamber and nozzle were designed 
for a maximum pressure of 3000 psia and 
temperature of 1500°R. 

Models are supported at the nozzle exit 
by a hydraulically-driven injection/ support 
mechanism for which the angle of attack may 
be varied from -10° to 50° and angle of sideslip 
from -5° to 5°. The injection time is variable 
from approximately 0.5 sec for heat-transfer 
tests to 2 sec for force and moment tests. 

A more detailed description of this 
facility is presented by Midden and Miller, 
1985 and Micol et al., 1992, along with a 
discussion of operational experience and 
calibration results. The CF 4 tunnel has been 

calibrated with the new nozzle (Micol, et al, 
1992) for reservoir pressures from 100 psia to 

2000 psia and temperatures from 1100°R to 

1400°R, corresponding to a normal shock 
density ratio of 12 at Mach 6 and a range of 
unit free stream Reynolds numbers from 0.05 
to 0.7 million per ft. Facility calibration 
results for this range of reservoir conditions is 
presented in fig. 4. As discussed in Micol, 
1992, the level of flow uniformity achieved 
with the new nozzle is significantly improved 
when compared to the original nozzle. Pitot 
pressure is observed to vary + 1.5 to + 3.0 
percent across the test core, depending on the 
reservoir pressure and temperature. 


The facility received modifications in 
July 1997 via a F.Y. 1997 maintenance 
augmentation project. Modifications included a 
new replacement blower required to evacuate 
the tunnel test section prior to a tunnel run, a 
replacement cryogenic CF 4 pump (a critical 
component of the reclamation system), and a 
new 6000 gal. liquid nitrogen dewar also utilized 
in CF 4 reclamation. 

20-Inch Mach 6 Tunnel 

The Langley 20-Inch Mach 6 Tunnel, 
which became operational in 1958, is a 
blowdown wind tunnel that uses dry air as the 
test gas. Air from two high pressure 
bottlefields is transferred to a 600 psia 
reservoir and is heated within this reservoir to a 

maximum temperature of 1000°R by an 
electrical resistance heater. A double filtering 
system is employed having an upstream filter 
capable of capturing particles larger than 20 
microns and a second filter rated at 5 microns. 
The filters are installed between the heater and 
settling chamber. The settling chamber 
contains a perforated conical baffle at the 
entrance and internal screens; the maximum 
operating pressure is 525 psia. A fixed- 
geometry, two-dimensional contoured nozzle is 
used; that is, the top and bottom walls of the 
nozzle are contoured and the sides are parallel. 
The nozzle throat is 0.399 in. by 20 in., the 
test section is 20.5 in. by 20 in., and the nozzle 
length from the throat to the test section 
window center is 7.45 ft. This tunnel is 
equipped with an adjustable second minimum 
and exhausts either into combined 41 ft 
diameter and 60 ft diameter vacuum spheres, a 
100 ft diameter vacuum sphere, or to the 
atmosphere through an annular air ejector. 
The maximum run time is 2 minutes with the 
two spheres, 10-15 minutes with the single 
large sphere, and 20 minutes with the ejector. 

Models are mounted on the injection 
system located in a housing below the closed 
test section. This system includes a computer 
operated sting support system capable of 
moving the model through an angle of attack 

range of -5° to +55° for angles of sideslip of 
0° to +10°. Injection time of the model for 
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heat-transfer tests can be as rapid as 0.5 sec. 
For force and moment tests, the injection time 
is adjusted to 1.2 sec with a maximum 
acceleration of 2 g. 

A description and calibration of the 20- 
Inch Mach 6 Tunnel are presented by Goldberg 
and Hefner, 1971, and calibration results are 
presented by Miller and Gnoffo, 1981. More 
recently, a facility calibration was performed 
for a range of reservoir pressures from 30 psia 

to 500 psia and temperatures from 760°R to 

nearly 1000°R, corresponding to free stream 
Mach numbers from 5.8 to 6.1 and unit 
Reynolds numbers from 0.5 to 9 million per ft. 
As shown in fig. 5, pitot-pressure surveys 
measured over this reservoir pressure range are 
reasonably flat, symmetrical about the nozzle 
centerline, and do not indicate the presence of 
any severe flow disturbances. Pitot-pressure, 
hence dynamic pressure variations across the 
test core, is + 2.2 percent for a reservoir 
pressure of 30 psia and less than + 1.0 percent 
for reservoir pressures in excess of 125 psia. 
Core size varies from 12 to 14 in. as freestream 
Reynolds number increases. 

The normal shock density ratio for this 
facility is 5.3 and ideal gas behavior is achieved 
within the entire flow sequence (i.e., y = 1.4 
everywhere); thus, models may be tested in this 
facility and the 20-Inch Mach 6 CF 4 Tunnel at 

the same values of free stream Mach number 
and unit Reynolds number to determine the 
effect of a variation in density ratio (see figs. 2 
and 3). Similarly, models may be tested in this 
facility and the 31 -Inch Mach 10 Tunnel (to be 
discussed subsequently) to examine 
compressibility (Mach number) effects. Also, 
this facility presents the opportunity to 
examine boundary layer transition to 
turbulence on candidate aerospace vehicle 
concepts since the Reynolds number may be 
varied by a factor of 16 (see, for example, fig. 

6 where Reynolds number is varied by a factor 
of 8 ). 

15-Inch Mach 6 High Temperature Tunnel 

The basic components of this tunnel 
include an 865 ft 3 bottlefield; a 5 - MW AC 
resistance heater consisting of 216 electrically- 


heated tubes through which the air flows, and 
mounted vertically to accommodate thermal 
expansion; 5 micron in-line filter; pressure 
regulator; settling chamber; an axisymmetric 
contoured nozzle having a throat diameter of 
1.81 in.; nozzle exit diameter of 14.57 in., and 
length of 75.6 in.; a walk-in open-jet test 
section identical to the 20-Inch Mach 6 CF 4 

Tunnel and with numerous optical accesses; a 
hydraulically-driven injection/retraction 

support mechanism for which the angle of 
attack may be varied from - 10 ° to 50° and 
sideslip between ± 10 °; variable area diffuser; an 
aftercooler; and a vacuum system shared with 
the 31 -Inch Mach 10 Tunnel. The electrical 

heater is capable of heating the air to 1500°R 
at a maximum pressure of 500 psia. 

As discussed by Hodge, 1992, the 
original Mach 10 nozzle for this facility was 
converted to Mach 6 via a new nozzle design. 
The new Mach 6 nozzle was fabricated and 
installed in the late 1991 /early 1992 

timeframe. Calibration results (fig. 7) obtained 
via pitot-pressure surveys for this new Mach 6 
nozzle revealed a high level of flow uniformity 
both radially and axially and a test core free of 
centerline disturbances typical of hypersonic 
axisymmetric contoured nozzles. The run time 
available with the much larger mass flow Mach 
6 nozzle, as compared to the original Mach 1 0 
nozzle, is about 90 sec. 

Modifications and upgrades to this 
tunnel since the report by Micol, 1995, include 
construction of a new variable area diffuser and 
a heat exchanger. These two items were added 
under a single Construction of Facilities (CofF) 
project in order to improve the operational 
envelope of the facility for all classes of 
models (i.e., slender, moderately blunt, blunt) 
and to replace the antiquated and unreliable 
tube sheet heat exchanger with an improved 
cooling capacity finned-type heat exchanger. 

A significant improvement to the 
operational efficiency, hence productivity of 
both the 15 -Inch Mach 6 HTT and the 31- 
Inch Mach 10 Air facilities, was achieved by 
the addition of a three stage steam ejector in 
April 1997. This additional pumping capability 
reduced pumpdown times between runs by one- 
third (i.e., from 1.5 hours to approximately 40 
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minutes to evacuate two 41 ft spheres from 
approximately 200 mm Hg to 1 mm Hg), 
thereby increasing the frequency at which these 
facilities can operate (i.e., the number of wind 
tunnel runs per 8 hour shift was increased by 
approximately 2). 

31-Inch Mach 10 Tunnel 

The 31-Inch Mach 10 Tunnel operates 
in the blowdown mode (though designed as a 
blowdown start, continuous running facility). It 
consists of a high pressure air storage system 

having a volume of 865 ft^ and rated at 4400 
psia maximum, a 12.5-MW electrical resistance 
heater located in a vertical pressure vessel, a 5- 
micron in-line filter, settling chamber, three 
dimensional contoured nozzle, 31 Inch square 
closed (as opposed to open jet) test section, 
adjustable second minimum, aftercooler, 
vacuum spheres and vacuum pumps. The 
settling chamber, nozzle throat section, test 
section, adjustable second minimum, and 
subsonic difftiser are all water cooled. The 12- 
in. diameter settling chamber is equipped with 
screens at the upstream end and is faired into 
the upstream end of a square cross section 
nozzle having a 1.07 in. square throat. The 
throat section, modified in July 1992 to replace 
the original segmented throat, is one piece 
fabricated from beryllium copper, and backside 
water-cooled with the cooling water system 
operating at 500 psia. The surface of this 
nozzle is uncoated. (The original nozzle throat 
section surface was coated with zirconium and 
required periodic refurbishment.) 

Models are supported on a 
hydraulically-operated, sidewall-mounted injec- 
tion system. Models can be injected to the 
nozzle centerline in less than 0.6 sec and the 

angle of attack varied from -10° to +45° with 
a straight sting (i.e., being constrained to within 
a + 7 in. inviscid core where pitot pressure 
distribution varies approximately +1.0 

percent). Sideslip range is ±5° and both angle 
of attack and yaw are remotely controlled by a 
computer. With the second minimum closed to 
about 25 percent of the maximum test section 
cross section area and the use of two 41-ft- 
diameter vacuum spheres, run times of 
approximately 60 sec are achieved. The recent 


connection of the vacuum system to a 60-ft 
vacuum sphere (commonly referred to as the 
60 foot Space Simulator) increased run times of 
this facility and the 15-Inch Mach 6 HTT by a 
factor of 2. As a result of a FY 1996 Minor 
CofF project, this facility (and naturally, the 
15 Inch Mach 6 HTT) has benefited from the 
addition of a three stage steam ejector as 
discussed previously. This upgrade has 
provided a significant increase in pumping 
capacity, thereby reducing turn-around time 
and increasing productivity by 1.5 to 2 times. 
The steam ejector has allowed this facility to 
approach the production-like characteristic of 
the 20-Inch Mach 6 Tunnel. 

Calibration results using the one-piece 
nozzle throat section are shown in fig. 8. This 
facility has been calibrated for reservoir 
pressures from 350 psia to 1450 psia for a 

temperature of approximately 1800°R, 
corresponding to a range of free-stream unit 
Reynolds number of 0.50 to 2.1 million per ft. 
The flow in the center region, provided by the 
water cooled 3-D nozzle, is quite uniform at all 
values of reservoir pressure (see fig. 8; the 
variation in pitot pressure across the center 
7in. of the test core generally is within the 
uncertainty of the measurement, i.e., less than 
±1 percent). The test core varies from about 
12 in. by 12 in. at the lowest Reynolds number 
condition to approximately 14 in. by 14. in at 
the highest value. 

22-Inch Mach 15/20 Helium Tunnel 

This helium tunnel is an intermittent, 
closed-cycle, blow-down tunnel that uses high 
purity helium (less than 40 parts per million 
impurities at purchase) as the test gas. The 
components of the tunnel circuit include a high 
pressure storage system designed for 5000 psia, 
an in-line electrical resistance heater capable of 
heating the gas to a maximum temperature of 

1 100°R, a 5 micron in-line filter, and a settling 
chamber. The flow is expanded through a 
0.622-in. diameter throat and an axisymmetric 
contoured nozzle, designed to provide Mach 20 
flow at the exit, into a contoured test section 
having a length of 11.6 ft and a maximum 
diameter of 22-in. (This facility also has an 
interchangeable second nozzle designed for 
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Mach 15 having a throat diameter of 1.23 in.) 
The test section is equipped with a 
hydraulically driven model injection system. 
The flow is decelerated by means of a two- 
dimensional, constant-area diffuser before 
entering two interconnected 60-ft-diameter 
vacuum spheres. Typical run time is 30 sec, 
but run times of 60 sec have been achieved 
using two additional 60-ft-diameter spheres 
(those previously connected to the 60-Inch 
Mach 18 Helium Tunnel which is now being 
dismantled). The helium collected in the 
spheres is recompressed to 5000 psia and is 
passed through molecular sieve filter beds, LN2 

cold traps, and a purifier using silica-gel dryer 

maintained at 140°R to reduce the 
contaminating agents to less than 0.02 percent 
by volume. After purification, the helium is 
stored in high pressure bottles for reuse. 

This facility, like the CF4 tunnel, 

provides a test capability that does not exist 
elsewhere in this country. This helium tunnel 
is the only high hypersonic Mach number 
facility for which the free stream flow and flow 
within the shock layer of a model are 
everywhere thermally and calorically perfect. 
The helium test gas does not require heating for 
Mach numbers less than about 28 because 
helium may be expanded to temperatures as low 

as 3° to 4°R without liquefying at the 
corresponding low pressures. The very low free 
stream temperature at Mach 20 for ambient 
reservoir temperature corresponds to relatively 
high values of free stream Reynolds number. 
(Recent calibrations at a reservoir pressure of 

3200 psia provided Reoo = 22 x 10^/ft at Mach 
20.) The resulting flow conditions often 
simulate entry flight Mach/Reynolds numbers, 
hence viscous interaction parameters, for a 
wide variety of entry vehicles. Calibration 
results for the current axisymmetric contoured 
Mach 20 helium nozzle for a range of reservoir 
pressure from 500 to 1500 psia and ambient 
temperature corresponding to a variation in 
Reynolds number from 4.0 to 11.3 x 10 6 ft' 1 is 
presented in fig. 9. (For a historical 
perspective on the development of this nozzle 
and the Mach 15 nozzle, see Micol, 1995.) 
Calibration results for the Mach 15 nozzle at 
ambient conditions are presented in fig. 10 for 


a range of reservoir pressures from 500 to 
1700 psia corresponding to a variation in R^ 
from 4.8 to 15.8 x 10 6 ft' 1 . 

Synergism of Facilities 

As mentioned previously, examination 
of a wide array of simulation parameters is 
made possible via the synergism between 
facilities within the AFC. The following 
example of a test matrix for a slender body, 
whereby all four basic hypersonic simulation 
parameters may be important (as opposed to a 
blunt body, where only one parameter may be 
significant at hypersonic, continuum 
conditions) illustrates that collectively the AFC 
tunnels provide a unique national capability. 
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Examples of the synergism provided by the 
AFC to simulate hypersonic flight conditions 
for proposed aerospace vehicles are shown in 
figs. 2, 3, and 6. 
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Instrumentation and Testing Techniques 
Section Preface 

Instrumentation and measurement 
techniques routinely utilized in the tunnels of 
the AFC are discussed in this section. (A more 
detailed description of each measurement 
technique is found in Micol, 1995.) As a result 
of the utilization of these small research-type 
facilities in a production-type mode in the last 
few years, approximately 60 percent of the 
testing has been devoted to force and moment 
and 40 percent to aeroheating. (Very few tests 
have been devoted to pressure.) 

The most significant change in recent 
years in aerothermodynamic measurements at 
Langley has been the rapidly growing 
application of a relative intensity (two-color), 
thermographic phosphor technique developed 
by G. M. Buck (Buck, 1988, 1991). This 
technique has evolved from initially obtaining 
qualitative measurements of surface 
temperature distributions (thermal mappings) 
to the present capability of obtaining global 
quantitative heat-transfer measurements 
(Merski, 1991, 1998). It allows for fast-paced 
aerothermodynamic studies since the model, 
once coated with phosphors (in contrast to 
other thermal coatings such as phase change 
paint), can be reused indefinitely. The 
associated video recording system and 
sophisticated software provide thermal 
mapping displays immediately after a run. An 
overview discussing the history, evolution, and 
improvements to this technique is presented in 
Merski, 1998. This technique provides a 
means of acquiring complementary aeroheating 
databases as configuration aerodynamic 
databases are being developed. 

Forces and Moments 

A comprehensive inventory of internal 
strain gage balances is maintained at Langley. 
Balances are sting or strut supported, and those 
used most frequently in the tunnels of the AFC 
have an outside diameter of 0.56 and cover a 
wide range of maximum design loads applicable 
to blunt, high drag models and to slender, high 
lift models. These water cooled balances are 6 
components and require an excitation voltage 


of 5 volts. The general procedure used in most 
tunnels is to calibrate all 6 components, or as a 
minimum, the axial- and normal-force and 
pitching moment components, of the balance 
by loading the balance with weights and 
recording the output. These data are compared 
to the formal calibration data prior to the 
installation of the model to assure the balance 
is operating within acceptable tolerances. A 
tare run with the model mounted to the balance 
is performed over the desired angle of attack 
range prior to the test series. Straight and bent 
stings and blade mounted struts of various 
shapes and sizes are available to allow testing 
over a wide range of angle of attack. In 
preparation for Phase I and II of X-33 and X- 
34 programs, eight new strain gage balances 
were fabricated bringing the total number of 
water cooled balances available for use in the 
AFC to 32. 

Pressure 

Base and cavity pressures are routinely 
measured with electronically scanned pressure 
(ESP) piezoresistive (silicon) sensors. ESP 
modules are available with different pressure 
ranges and typically contain 16, 32, 48, or 64 
scanners; these modules may be located within 
or in close proximity to the model. All 
facilities within the AFC have Pressure 
Systems, Inc. (PSI) model 8400 measurement 
systems and presently 512 channels of 
pressure measurements are available in these 
facilities. High volume, multirange, variable 
capacitance diaphragm-type transducers are 
available for certain applications (e.g., very low 
pressure measurements like wall static pressures 
and test section or box static pressure). Most 
facilities have 10 to 20 variable-capacitance 
transducers. 

Heat Transfer 

Thin-Skin and Thin-Film Gages 
Conventional thin-skin transient calorimeter 
technique and/or the thin-film resistance 
thermometer technique are generally used to 
obtain benchmark heating studies within the 
AFC. The latter technique uses thin-film gages 
originally developed for use in impulse-type 
facilities (Miller, 1984; Miller et al., 1985). 
The routine testing of models having a large 
number of mechanically deposited (i.e., 
sputtered, vapor deposited) thin-film heat- 


7 



transfer gages in conventional-type hypersonic 
wind tunnels was pioneered at Langley in the 
early 1980’s and adopted as the “standard” for 
aeroheating studies in the AFC until the arrival 
of the phosphor thermography technique to be 
discussed subsequently. As a result of the 
revitalization program, each facility is capable 
of acquiring 128 channels of thin-skin/ 
thermocouple-type data and 128 channels of 
thin-film data. The 20 Inch Mach 6 and the 
31 Inch Mach 10 Tunnels were upgraded to 
256 channels for both techniques. 

Previously data reduction of heat- 
transfer rates for the thin-film technique was 
accomplished using the measured temperature- 
time histories and the numerical method of 
Cook, 1966, or method of Kendall, et al., 
1967. More recently a new data reduction 
scheme has been developed at Langley (Hollis, 
1995). This new procedure is known as the 
One-Dimensional Hypersonic Experimental 
Aero-Thermodynamic data reduction code or 
1DHEAT. 1DHEAT is a fast user-friendly 
scheme for heat-transfer data reduction which 
employs both analytical and finite volume 
models. These models account for variable 
thermal properties and can be used to reduce 
either thin-film or coaxial thermocouple data. 
The code also includes the ability to deal with 
multiple layer substrates using the finite- 
volume model. 

Thermographic Phosphors .- Historical 
detail of the development of the two-color 
thermographic phosphor technique (Buck, 1988, 
1991; Merski, 1991) is presented in Miller, 1990 
and 1992, and Micol, 1995. The present 
description of the phosphor thermography system 
outlines advances made since 1995. An overview 
of this technique is presented in Merski, 1998. 

The rapid advances in image processing 
technology which have occurred in recent years 
have made digital optical measurement techniques 
practical in the wind tunnel. One such optical 
acquisition method (see fig. 11) is the two-color 
relative-intensity phosphor thermography 
technique, which is currently being applied to 
aerothermodynamic testing in Langley's 
hypersonic wind tunnels. With this technique, 
ceramic wind tunnel models are fabricated and 
coated with phosphors which fluoresce in two 
regions of the visible spectrum when illuminated 


with ultraviolet light. The fluorescence intensity 
is dependent upon the amount of incident 
ultraviolet light and the temperature to which the 
phosphor is exposed. Fluorescence intensity 
images of an illuminated phosphor model exposed 
to a hypersonic stream are acquired by a color 
video camera. Surface temperature mappings can 
be calculated for portions of the model within the 
field of view of the camera. This is done by 
utilizing the green and red camera outputs. The 
resulting intensity images are converted to 
temperature mappings via a temperature-intensity 
calibration of the phosphor coating. Currently, 
this calibration is valid over a temperature range 
from 22 (532 °R) to 170 (800 °R) degrees Celsius. 
Heat-transfer rates may then be calculated at 
every point on the image (and hence globally on 
the model) from time-sequenced images taken 
during the wind tunnel run. (One-dimensional heat 
conduction into a semi-infinite slab is assumed in 
the heat-transfer rate calculation.) 

Data acquisition is performed with PC- 
based video acquisition systems and color solid- 
state video 3-CCD (Charge Coupled Device) 
cameras. These systems digitize phosphor 
fluorescence intensity images to resolutions of 
512 x 481 pixels which are then transferred to 
UNIX workstations for data reduction. T o 

analyze the large amount of data acquired with 
phosphor thermography, Langley has developed a 
workstation-based image processing package called 
IHEAT. IHEAT is written in a user-friendly 
windowing format and consists of six programs to 
handle system calibrations along with data 
reduction, editing, and viewing. Data can be 
reduced to global heat transfer images within 
minutes following a run using IHEAT. An 
automated routine also provides plots of heating 
along axial and longitudinal cuts. 

A new methodology known as EXTRAP is 
introduced in Merski, 1998, whereby global 
phosphor thermography wind tunnel data can be 
extrapolated to flight heating levels. Given 
trajectory information and IHEAT images, 
EXTRAP computes extrapolated global flight 
surface temperatures and heat transfer rates. In 
Merski, 1998, code features are presented and 
calculated surface temperatures and heat transfer 
rates for the X-34 flight vehicle using a Navier- 
Stokes solver known as Laura (Langley 
Aerothermodynamic Upwind Relaxation 


8 



Algorithm) are compared to extrapolated wind 
tunnel data. Comparisons of calculated surface 
temperature and heat transfer rates to 
extrapolated data are in good agreement. 

Fabrication of wind tunnel models for 
phosphor testing is a critical component in the 
technique. In order to obtain accurate heat 
transfer data using the one-dimensional heat 
conduction equation, models need to be made of a 
material with a low thermal diffusivity and well- 
defined, uniform, isotropic thermal properties. 
Also, the models must be durable for repeated use 
in the wind tunnel and they should be subject to 
minimal deformation when thermally cycled. T o 
meet these requirements, Langley has developed a 
unique, silica ceramic slip casting method. 
Patterns for the models are typically made using a 
numerical cutting machine or with the stereo- 
lithography process. Using these patterns, 
investment molds are created. Ceramic slip is 
poured into the molds and after the ceramic 
hardens, the investment molds are crumbled off 
leaving ceramic shells. These shells are next fired 
in a kiln and potted with support hardware (e.g., 
stings or blade-mounts). The slip casting method 
provides the means to capture relatively fine 
configuration details and thin ceramic sections 
such as wings and fins. Model lengths are typically 
10 to 14 inches; however, models up to 30 inches 
in length have been fabricated for testing at low 
angles of attack. In addition, the slip-casting 
method is a rapid process whereby, in three to four 
weeks, a full array of inexpensive models can be 
fabricated, complete with various perturbations 
needed for a configuration build-up scheme such as 
variable nose radii and control flap deflections. 

Once the models are fabricated, they must 
be coated with phosphor crystals. Currently, the 
phosphors are suspended in a silica ceramic binder 
and applied with an air brush. Final coating 
thicknesses of approximately 0.001 inches have 
been measured. The coating method which has 
been developed, produces robust coatings which do 
not require re-application between runs, thereby 
significantly enhancing the efficiency of the 
phosphor technique. 

The thermographic phosphor technique 
offers several advantages over discrete gage 
techniques. The most significant advantage is that 
surface temperatures are determined in a global 


sense; that is, within the pixel resolution of the 
camera and useful range of the phosphor, surface 
temperatures are obtained at every point on the 
model surface within view of the camera and at 
various times during the run. As mentioned 
previously, phosphor models do not require 
cleaning and recoating between runs, thereby 
allowing for more efficient operation of the 
facility. The thermographic phosphor system 
provides heating distributions on models for 
analysis within minutes after a run. This 
technique has replaced the phase change paint 
technique and is rapidly advancing to a 
quantitative level sufficient to replace the thin- 
film gage technique. 


Infrared Emission .- The surface temperature of 
a model may be inferred from observations of its 
radiation at infrared wavelengths. Infrared 
imaging has been used in hypersonic wind tunnels 
for over two decades (e.g., Schultz and Jones, 
1973; Neumann, 1988). The infrared technique 
received renewed interest within the hypersonic 
testing community in the early 1990’s 
(Daryabeigi, 1992) because of recent advances 
providing higher image resolution, standard video 
format data acquisition, radiometric (absolute 
temperature) measurements and computer based 
digitized image processors. A commercially built 
infrared imaging system (Inframetrics 600; liquid 
nitrogen cooled) is available for use in the Langley 
AFC; it is a single detector imager employing 
optical-mechanical scanning to provide two- 
dimensional temperature distributions for the 8 to 
12 pm band pass of the electromagnetic spectrum. 
The system has a frame frequency of 30 Hz 
providing 380 samples per line and 200 lines per 
frame. Standard video format is used. Stored 
information is manipulated and then transferred to 
a digital image processor. The precision of these 
infrared imaging systems for providing steady- 
state temperature measurements has been 
evaluated in the laboratory for temperatures from 

400°R to 1390°R and found to be within 3 
percent (Daryabeigi, 1992). Wind tunnel test 
sections have been equipped with zinc selenide 
windows, having a suitable anti-reflection coating, 
that are capable of transmitting 8 to 12 pm 
wavelengths. Models made of insulating material 
are preferred because of inherent higher emissivity 
in the infrared spectrum which provides the 
camera with a stronger signal. Presently, the 
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surface emissivity is measured as a function of 
wavelength at ambient temperatures only; future 
plans call for the measurement of emissivity over 
a range of temperatures. The overall sensitivity 
depends on the viewing angle. (For a dielectric 
material such as fused silica ceramic there is no 
significant reduction in emissivity until the 
viewing angle exceeds 60° (Rhode, 1 997).) In his 
paper, Daryabeigi addresses the application of the 
infrared technique in the AFC. 

A second infrared imaging system available 
within the AFC is an Inframetrics 760 that has a 
Stirling cycle cooler, 8-12 pm spectral response, 
30 Hz framing rate with 380 samples per line and 
200 lines per frame, 40° horizontal by 30° vertical 
field of view (FOV) and 12-bit digitizer. This 
system is utilized primarily in the Mach 6 and 1 0 
air tunnels in which a major portion of 
aerothermodynamic testing at Langley is 
performed. 

Within the AFC this technique has been 
used to detect complex heating patterns, 
including boundary layer transition to 
turbulence, on force and moment, pressure and 
heat transfer models, and to examine plumes 
doped with freon. It should be noted that the 
infrared technique is not applicable to the 20 - 
Inch Mach 6 CF 4 tunnel because of emission 
absorption by this heavy gas. 

Flow Visualization .- Included in this 
category are schlieren systems, vapor screens, 
electron-beam flow field visualization, and oil 
flow. Although a holographic interferometry 
system was used at the 20-Inch Mach 6 CF 4 
Tunnel for several years (Burner and Midden, 
1977), no such systems are incorporated into 
the AFC at present. 

All of the AFC tunnels were originally 
equipped with pulsed white-light, Z-pattern, 
single-pass schlieren systems (e.g., Compton 
and Spencer, 1967). Of the active tunnels, 
only the 31 -Inch Mach 10 and 22-Inch Mach 
20 He Tunnels do not routinely use schlieren 
systems. 

Schlieren quality for the 22 -Inch Mach 
20 Helium Tunnel is poor because of the low 
density gradients at the high Mach numbers of 
this facility. Alternate flow visualization 


techniques were sought and the facility was 
equipped with an electron gun designed and 
fabricated at LaRC (e.g., Harvey and Hunter, 
1975; Woods and Arrington, 1972; Honaker et 
al., 1979). The electron gun was designed to 
induce fluorescence that could be spectrally 
analyzed to infer density and temperature 
nonintrusively. The advantages of induced 
fluorescent flow visualization were recognized 
during the early attempts to measure density 
and temperature. Since the shock structure and 
characteristics of the flow field were revealed 
by the electron beam, the technique was 
adopted for flow visualization. At present, 
shakedown of a new commercially available 
electron gun (from Kimball Physics) is 
underway. 

Vapor screen is a technique that 
provides a cross section view of the shock and 
boundary layer about a model, and is 
particularly useful for observing vortices. For 
this technique, the reservoir temperature is 
reduced sufficiently or the dew point raised to 
cause flow condensation at the test section. 
Light is passed through a slit to produce a 
screen effect or sheet of light across the flow. 
Flow details about a model inserted into this 
sheet can be photographed. This technique is 
sometimes used in the 20-Inch Mach 6 and 31- 
Inch Mach 10 tunnels, but must be viewed as 
purely qualitative. It also should be viewed with 
caution because of the adverse effects lowering 
the temperature has on flow uniformity and 
changes in flow conditions. 

A widely used technique to provide 
information on model surface streamline 
patterns is oil-flow. Usually, models are 
painted black, sprayed with a mixture of oils of 
various viscosities mixed with white artist 
pigment, and then injected rapidly into the 
flow. Movement of the oil is photographed 
while the model is in the flow. In several 
facilities, insignificant movement of oil on the 
surface is experienced during the retraction 
process; hence, the model can be removed from 
the tunnel after the run and the flow patterns 
photographed, generally with a Kodak DCS 
460 digital camera, in detail over the entire 
surface. Oil-flow tests are generally performed 
on each model to augment interpretation of 
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force and moment, pressure, and thermal 
mapping/heat transfer measurements. 

Flow Field Surveys .- Techniques used to 
measure model flow field properties at various 
locations within the shock layer, including 
boundary and shear layers, employ probes 
which are likely to perturb the flow; that is, 
they are intrusive. A large amount of effort 
was devoted to the development of 
nonintrusive or optical flow field measurement 
techniques in the AFC in the late 1960's and 
the 1970's; however, there is minimum 
application of these technologies today. Very 
little flow field survey work with mechanical 
devices such as hot wire (e.g., Wagner and 
Weinstein, 1974), hot-films, total pressure, and 
static pressure probes has been performed in 
recent years. This is primarily due to 
programmatic changes; that is, the tremendous 
demands on facilities of the AFC to support 
high-priority, focused Agency programs such as 
X-33 and X-34. 

The capability for survey studies exists 
and centers on the application of miniature 
(0.013 in. diameter tubing flattened on the 
sensing end), fast response, total pressure 
(Ashby, 1988) and static pressure (cone- 
cylinder) probes. These probes have relatively 
fast response times because the high-frequency 
response piezoresistive pressure transducer is 
located quite close to the sensing orifice. 
These probes also provide accurate, stable 
measurements because the transducer is 
maintained in a controlled thermal 
environment; that is, housed in a water-cooled 
jacket. This smaller probe has essentially 
eliminated probe interference effects observed 
with larger (0.060) probes. A number of studies 
have been performed in the 20-Inch Mach 6 
Tunnel for which detailed flow field surveys of 
total pressure were measured. (Static pressures 
were also measured for several studies.) These 
studies included wake surveys for very blunt 
configurations and surveys for slender NASP 
concepts including detailed pitot pressure (and 
limited total temperature) surveys in the nozzle 
flow field with and without blowing of a 
simulant gas (Everhart, 1992). More recently, 
steady state pressure and fluctuating 
temperature measurements in the wake of a 
spherically blunted cone have been obtained 


(fig. 12, taken from Horvath et al., 1996). All 
but one of the AFC tunnels that received 
upgrades via the F.Y. 1989 major CoF project 
were equipped with new survey mechanisms. 

Data Acquisition/Recording Systems 

All hypersonic wind tunnels within the 
AFC have stand-alone data acquisition systems 
(DAS). The heart of the system for most 
tunnels is a 128 or 256-channel, 16 bit, 50 kHz 
or 100 kHz throughput rate, amplifier per 
channel, analog-to-digital (A/D) system 
manufactured by the NEFF Instrument 
Corporation and having programmable gains 
and filters per channel and internal clock 
(system 620/series 600). A typical sampling 
rate is 50 samples/sec for each channel, 
although much faster rates are possible. 
Computers are Hewlett Packard 9000 series, 
system 745i. Peripheral equipment for each 
DAS includes dual-disc and optical disc mass 
storage units, a recordable compact disk unit, 
and printers, which for several facilities are 
relatively fast speed (15 lines/sec). All 
facilities of the AFC have the same hardware 
and same software to insure compatibility. (As 
a result of having five compatible systems 
refinements/enhancements in hardware and 
software may be developed at one site and 
downloaded to other sites for incorporation.) 
These DAS are capable of providing reduced 
data only minutes after a test. 

A separate DAS using Labview-based 
programs is utilized to display real-time data. 
This is achieved by monitoring NEFF buffered 
signal outputs during the run. 

Facility-to-Facility Compatibility 

As mentioned previously, the five 
facilities within the AFC are located in three 
different buildings. As databases are developed, 
models and portable instrumentation such as 
strain gage balances and thermographic 
phosphor systems are routinely transferred 
from facility to facility. A primary goal in 
upgrading and enhancing all facility 
instrumentation with multiple facility testing in 
mind, is to provide facility to facility 
compatibility when transferring models. 
Within each test chamber, instrumentation is 
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situated such that model installation can be 
accomplished with ease and efficiency. Data 
acquisition hardware and the data acquisition 
and reduction software and format are the same 
for all facilities. As a result test engineers and 
data acquisition technicians leam the same 
systems for data acquisition and reduction for 
all facilities. Output data files follow the same 
format per specified test requirements and are 
transferred within minutes following a run to 
engineering workstations (Sun or Macintosh) 
for data analysis. This test set-up philosophy 
proved to be an invaluable asset in fast-paced 
assessments of such programs as X-33 Phase 1 , 
X-34 Phase A, and X-38. For these programs 
aerodynamic and aeroheating databases exa- 
mining effects of similarity parameters (e.g., 
viscosity, compressibility, normal shock 
density ratio or gamma, and wall temperature 
ratio) were developed in an expeditious manner 
in order to meet progammatic goals. 


Upgrades and Enhancements 

Over the past decade, numerous facility 
upgrades and enhancements have been 
accomplished via various funding sources, in 
particular the minor and major CofF programs. 
The primary purpose for these upgrades and 
enhancements was to provide improved flow 
quality and increased capability, reliability, and 
productivity. 

A brief review of CofF, R&D, and 
maintenance funded projects accomplished to 
date is illustrated in Table II. Three facilities 
received new axisymmetric contoured nozzles 
in the early 1990’s. Most of these hypersonic 
facilities had axisymmetric contoured nozzles 
designed and fabricated in the late 1950’s to 
early I970’s which produced varying degrees of 
flow nonuniformity (radially and axially). The 
31 Inch Mach 10 Air Tunnel, which has a 
three-dimensional (i.e., square cross section; all 
four walls contoured) nozzle, received a new 
nozzle throat section in order to improve 
reliability. Figure 13 is an example of the 
improvement achieved as a result of nozzle 
redesign and fabrication. (Nozzle design 
methodology and calibration results for all AFC 
facilities is presented in Micol, 1995.) Pitot- 


pressure surveys were measured in all facilities 
with a rake having probe spacing of only 0.125 
in. (Figure 14). Calibration results are 
presented in Figures 4, 5, 7, 8, 9, and 10. 

To protect delicate glass/ceramic thin- 
film and ceramic phosphor models and to 
reduce flow turbulence due to the presence of 
solid particles (contaminants) carried by the 
freestream flow, 5 to 20 micron in-line filters 
were installed in all facilities. Facility 
capabilities were increased with the addition of 
upgrades such as Flow Field Survey Probes 
(FFSP), injectable/retractable pitot probes, and 
improvements to test chambers and model 
injection and control systems. A new Stokes 
blower was added to augment eight existing 
Beech-Russ vacuum pumps for the 15-Inch 
Mach 6 High Temperature Air Tunnel and 31- 
Inch Mach 10 Air Tunnel. For the 22-Inch 
Mach 15/20 Helium Tunnel reclamation 
system, unreliable pumps and blowers were 
replaced with two separate trains each 
consisting of a new Beech-Russ vacuum pump 
and 3 stage Roots-Connerville blower system. 

Facility enhancements initiated in 
1997 are presented in Table III, several of 
which have been completed. An increased 
capability, augmenting the vacuum system 
which services both the 31 -Inch Mach 10 Air 
and 15-Inch Mach 6 High Temperature Air 
Tunnels, was achieved with the addition of a 
new three stage steam ejector (Fig. 15). This 
ejector was installed and shakedown initiated in 
the Spring of 1997. Specifications for the 
ejector system required evacuation of the two 
41 -foot diameter spheres and the 60 foot 
sphere (combined volume equal to 190,000 cu. 
ft.) from 760 torr to 1 torr in 110 minutes and 
from 200 torr to 10 torr in 60 minutes. This 
steam ejector has reduced turn-around time 
from about 1.5 hours utilizing eight Beech-Russ 
vacuum pumps to less than 0.75 hour with only 
the steam ejector operating on the two 41 -foot 
spheres (i.e., a significant increase in pumping 
capability has been achieved). Operation of 
both systems simultaneously reduces this 
recovery time even further. Since the 31 -Inch 
Mach 10 Air Tunnel requires a pre-heat of the 
electrical resistance heater (i.e., low mass flow 
through heater) to a temperature of 
approximately 2000 °R to eliminate thermal 
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shock to the heater tube bundle, the addition of 
the steam ejector has now made possible 
simultaneous pre-heat and sphere evacuation 
continues. (Preheat of the 15-Inch Mach 6 
High Temperature Air Tunnel is performed to 
atmosphere; therefore, simultaneous pre-heat 
and evacuation is always accomplished). As a 
result of this enhanced capability, productivity 
has increased by approximately 1.5 to 2.0 
times for both facilities and, because of the 
lower vacuum and higher evacuation capacities, 
run times for each facility have increased also. 

As discussed in Micol, 1995, the 15- 
Inch Mach 6 High Temperature Air Tunnel is a 
conversion of a facility originally designed to 
perform aerodynamic flutter testing at Mach 
10 in air. As a Mach 10 facility, a 1.25 MW 
electrical heater was employed to heat air to 
1500 °R; however, this temperature level was 
insufficient to avoid liquefaction during 
expansion to Mach 10 for reservoir pressures 
matching those of the 31 -Inch Mach 10 Air 
Tunnel. Primarily because of the need to 
match unit free-stream Reynolds number, R^, 

ratio of specific heats, y^, and ratio of wall-to- 
adiabatic wall temperatures, T w /T aw , in order 

to determine compressibility or Mach number 
effects for slender configurations, the facility 
was modified. The existing Mach 10 nozzle 
was modified to provide Mach 6 flow at the 
same R^, y^ and nearly the same T w /T aw as 

the 31 -Inch Mach 10 Tunnel. 

A number of enhancements to the 1 5 - 
Inch Mach 6 High Temperature Air Tunnel 
were performed in the Spring of 1995. The 
1.25 MW heater was upgraded to 5 MW in 
order to handle higher mass flow rates (i.e., 20 
lbm/sec at the highest reservoir pressure 
setting), a walk-in test chamber identical to 
that of the 20 Inch Mach 6 CF 4 was installed, 
and a 5 micron in-line filter was added. 

As expected, the original diffuser 
performed poorly at the new Mach 6 
condition. The original second minimum 

utilized a variable area section, whereby area 
change was achieved by axially translating a 
conical plug (Hodge, 1992). As shown in 
Fig. 16, the original diffuser which was designed 
for Mach 10 operation possessed a catch cone 


with a 8 ° half angle, a variable diameter duct 
having a minimum diameter of 13 inches 
followed by a conical section which increased in 
diameter to 15 inches, in which the conical 
plug transversed. The plug was positioned to a 
fixed location during calibrations of the Mach 
10 nozzle and during the conversion to Mach 
6 , to provide the maximum possible flow- 
through area. (At this time, the facility had a 
closed jet test section.) Conversion of the 
closed jet test section to a significantly larger 
open jet test section revealed a problem with 
the diffuser’s ability to process the fluid, thus 
producing partial and often total blockage for 
most test articles. The conical plug was 
removed and replaced with a smaller conical 
section of significantly less blockage area. 
During nozzle calibration with the open jet test 
section, an unknown event or change in 
conditions prevented the tunnel from 
remaining started with the pitot rake injected. 
No cause could be found for the anomaly, but 
diffuser performance was suspected. The 
diffuser was dismantled, modified, and 
reassembled with a larger flow-through area 
fixed diffuser. Following this conversion, the 
tunnel was operated with marginal success for a 
limited set of configurations due to the 
occurrence of tunnel blockage. 

A FY 1996 CofF was proposed to 
provide a new variable area diffuser and heat 
exchanger for several reasons: 1 ) reduce 

blockage effects and improve pressure recovery 
by properly sizing the new diffuser for optimal 
performance at Mach 6 , 2) improve diffuser 
performance for larger models by requiring the 
diffuser to be variable area (i.e., a translating 
plug as opposed to a moveable wall), and 3) 
replace the antiquated and unreliable tube sheet 
type heat exchanger with newer technology 
(Fig. 17). 

The initial design approach for a new 
diffuser was to model the existing diffuser (i.e., 
the Mach 10 diffuser) using computational fluid 
dynamic (CFD) codes and compare predicted to 
measured static pressures along the diffuser 
wall. Once the code was validated for the 
existing diffuser, aerolines for a new supersonic 
diffuser with a fixed second minimum would be 
calculated. As a result of time constraints and 
the inability to achieve a converged CFD 
solution, this approach was abandoned. 
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The approach used to design the 
diffuser was based on published experimental 
results and “rules of thumb” guidelines of other 
NASA and AEDC tunnels (see for example, 
Midden et al., 1964; Andrews, 1994; Austin, 
1966). Also, a 17 inch diameter constant area 
duct was fabricated, instrumented and tested as 
a means of examining the effect of a 
significant increase in flow through area on 
tunnel performance. Static pressure ports were 
located at 6 inch intervals along it’s length and 
total pressure was measured at three locations. 
Comparisons of measured pressure data from 
this “research” diffuser to published results 
(Austin, 1966) were performed. Testing of this 
research diffuser revealed an improvement in 
the operational performance of the tunnel; 
however, tunnel run time was decreased and an 
inability to operate at the nozzle design 
pressure and temperature (i.e., P t j=45 psia; 
T t> i= 1260 °R) occurred as pressure recovery 
decreased. 

Confidence, bolstered by the research 
diffuser’s performance, and good agreement 
between published and measured data led to the 
development of the design shown in Fig. 17. 
Based on these published results and “rules of 
thumb” a minimum starting diameter of 16 
inches was proposed. Flexibility was 
incorporated into the design to allow an 
increase to a maximum diameter of 17 inches if 
required. As shown in Fig. 17, a translating 
conical centerbody plug is used to vary the 
area. This centerbody can be moved 
approximately 32 inches in 10 seconds, thus 
decreasing the second minimum area from 193 
in. 2 at full retracted position to 102.5 in. 2 at 
the most forward position. Fig. 18 illustrates 
the effect of reducing the second minimum area 
on run time. For the tunnel empty (no model 
in test section), operational time is increased 
by a factor of 1.25 when the probe is translated 
forward to full stroke. Tunnel operation with 
models of varying size (3 to 5 inch diameter) 
and shapes (cones, spheres, lifting bodies, etc.) 
indicate that a centerbody location of 12 to 15 
inches is satisfactory to prevent blockage and 
provide sufficient run time for force and 
moment and pressure tests. Blockage tests are 
required for each test article to define the 
optimum operational envelope for both model 


and tunnel (i.e., range of angle of attack/model 
paramedics to prevent blockage and optimum 
centerbody location for model size and 
geometry). 

To improve optical access for video 
based non-intrusive diagnostic methods in the 
31 -Inch Mach 10 Air Tunnel, a 1997 CofF 
project was initiated. This CofF project 
deemed “31 -Inch Mach 10 Optical Access” 
provides for optical access of the test section 
from three locations (see fig. 19), thus 
permitting simultaneous viewing for optical 
video-based techniques. This enhancement will 
reduce the number of runs required since 
assessment of a configuration’s aeroheating and 
aeroloads characteristics from several 
viewports for a given angle of attack may be 
achieved in a single run. The aquisition of 
two/three-view data increases both efficiency 
and productivity. Also, included in this CofF is 
the relocation of the facility’s Flow Field 
Survey Probe from a location beneath the test 
section to the top, a new injectable-retractable 
pitot-probe, replacement 5 micron in-line 
filter, and a model preparation area. 

Design has been completed for a FY 
1998 CofF project for the 20-Inch Mach 6 Air 
Tunnel. This project includes fabrication of a 
new stainless steel settling chamber and the 
addition of rigimesh screens and a stainless steel 
perforated cone with rigimesh covering, to 
reduce acoustic noise, (see Dillon et al., 1988, 
Beckwith, 1981, and Beckwith et al., 1986, 
1988, 1990); and stainless steel screen holders 
housing inconel screening. A follow-on 
activity currently in design is the replacement 
of the Mach 6 two-dimensional nozzle, potted 
and gouged from years of use, with a new two- 
dimensional nozzle fabricated from Invar, a low 
coefficient of thermal expansion material. 
This new nozzle extends into the test section 
where improved optical accesses will be 
incorporated. Table IV identifies the particular 
area of improvement for current/future 
upgrades. 

Future Facility Upgrades and Enhance- 
ments 

A study was conducted to identify a 
replacement heater system for the 20-Inch 
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Mach 6 CF4 Tunnel. Currently, a storage-bath 
heater system is employed. A new system is 
desired to enhance temperature control, 
decrease the transient to required temperature 
set points, and improved productivity and 
reliability. An analysis has shown that a 
natural gas heater system is capable of meeting 
these requirements. 

Modifications to the reclamation 
systems for both the 22-Inch Mach 15/20 
Helium and 20-Inch Mach 6 CF4 are proposed 
which will improve productivity, and reliability. 

Instrumentation Enhancements 

In the area of instrumentation, the 
future emphasis will continue to be on the 
advancement of optical, video-based 
thermography systems. Thermography 
systems now provide essentially all of the 
aeroheating information from the AFC, thus 
complimenting aerodynamic performance with 
aeroheating characteristics in a timely fashion. 
These systems, taking advantage of advances in 
data imaging and acquisition, in computer and 
mass storage technology, and in software 
development will provide increasingly more 
accurate quantitative, global two-dimensional 
(existing capability) and three-dimensional 
heating distributions via the simultaneous 
utilization of multiple cameras or a mirror 
system. (The feasibility of simultaneously 
obtaining thermal mappings on the windward 
and leeward surfaces of a model at Mach 10 has 
been demonstrated by Daryabeigi.) 

Optical techniques providing global 
pressure distributions (e.g., DeMeis, 1992, 
Buck, 1994), similar to thermal mapping 
techniques, will be transitioned from the 
laboratory to the wind tunnel and become 
widely and routinely used. Continuous 
development of luminescent diagnostic systems 
for simultaneous pressure and temperature 
surface measurements has occurred since 1994 
(see Buck, 1994). Evolvement of this system 
includes the development of a new higher 
temperature coating (to 275 Celsius or 530° 
Fahrenheit), a new means of phosphor 
excitation, and an improved imaging system. 
A new high-temperature luminescent material 
(PT600) and coating system has been 


developed which provides durable, uniform, and 
smooth coatings on ceramic and metal surfaces. 
Using an advanced imaging and pulsed laser 
excitation system, luminescent coatings with 
PT600 provide single-pulse measurement of 
pressure and temperature simultaneously. 
Demonstration of this new technology has 
been performed in laboratory experiments. 
Current development is focused on refining 
methods for model coating and measurements 
in hypersonic blow-down wind tunnels. 
Completion and demonstration of this 
technology is expected by mid- 1998. (Buck, 
1998) 

Ceramic models will, to a large degree, 
replace metal models for most force and 
moment and pressure studies, as they already 
have for heat transfer studies. 

Recently quantitative planar measure- 
ments of density were obtained in the 15 -Inch 
Mach 6 High Temperature Air Tunnel utilizing 
the Rayleigh scattering technique (Shirinzadeh 
et al., 1996). Signals generated using a narrow- 
band pulse ArF excimer laser were detected 
using a single-intensified CCD camera. 
Measurements were performed in the 
freestream, behind the bow shock, and in the 
base region and wake of a cylinder. The high 
stagnation temperature capability of the 15- 
Inch HTA (1400 °R) makes quantitative 

measurements possible over a reservoir pressure 
range from 50 to 500 psia, thus eliminating the 
clustering effects observed by Shirinzadeh et 
al., 1991 at lower temperatures. Good 
agreement between CFD density calculations 
and measurement was achieved (Shirinzadeh et 
al., 1996). With further enhancemnents to the 
experimental model and tailoring of facility 
operating conditions, it may be possible to 
obtain these same measurements with reduced 
uncertainty and, perhaps, on a routine basis. 


Facility Utilization 

As a result of several high priority, 
fast-paced Agency programs to design and fly 
experimental vehicles in the 1998/1999 
timeframe, and the corresponding requirements 
for aerodynamic and aeroheating information, 
the AFC facilities have been heavily utilized 
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since the spring of 1995. These programs 
include: 

1) X-33 Phase I - Reuseable Launch 
Vehicle/Advanced Technology Demonstrator - 
Three different Industry concepts assessed and 
optimized simultaneously 

2) X-33 Phase II - Optimization/ 
benchmarking for the Lockheed Martin 
Skunkworks configuration 

3) X-34 Phase B - Small Reuseable 
Technology Demonstrator - under the auspices 
of RLV program 

4) Hyper X - A Mach 5, 7, and 10 
airbreathing propulsion flight experiment 

5) Experimental Crew Return Vehicle, 
X-CRV/X-38 

6) Orbiter Enhancements 

7) Planetary - Mars Microprobe, Mars 
Sample Return, etc. 

The heaviest utilization of the AFC 
occurred during the RLV/X-33 Phase I, X-34, 
and X-38 programs, whereby aerodynamic and 
aeroheating information was generated to 
assess and optimize the performance of five 
industry concepts in parallel. For the initial 
aerodynamic screening of X-33 concepts, the 
22-Inch Mach 15/20 Helium Tunnel was a 
major contributor. Because of the ability to 
manufacture plastic stereo-lithography models 
(fig. 20) in a matter of days, configuration 
geometries could be rapidly assessed and 
modified if necessary because of this tunnel’s 
ability to operate at ambient conditions (i.e., 
with plastic or even wooden models). The 
outer mold lines of the X-33 configurations 
were often altered in “real time” to examine 
parametric changes. Approximately 400 runs 
were performed for the RLV/X-33 concepts in 
this facility for Phase I, 140 runs for Phase II, 
and it is presently being used to assess the 
aerodynamic performance of LMSW RLV 
concepts. 

The use of the thermographic 
phosphor technique to establish aeroheating 
databases has revolutionized the process to 
generate large aerothermal databases rapidly. 
For example, in X-33 Phase I, for each 
aerodynamic database developed, a 
complementary aeroheating database was also 
acquired (see figs. 6 and 21), providing the 


configuration designers with aerodynamic 
performance and aeroheating information for 
assessment and optimization of their concepts. 

Concluding Remarks 

The Langley Aerothermodynamics 
Facilities Complex consists of five 
hypersonic, blowdown-to-vacuum wind tunnels 
developed and initially operated between the 
late 1950's and mid-1960's. These tunnels 
provide essentially all of the Agency’s 
aerothermodynamic testing capability. They 
compliment one another to provide ranges of 
Mach number from 6 to 20, unit Reynolds 
number from 0.05 to 25 million per ft, and 
normal shock density ratio from 4 to 12 (or, 
specific heat ratio within the shock layer of 
models from 1.10 to 1.67). Several facilities 
provide unique capabilities, primarily because of 
the test gas. 

The present paper basically represents a 
compilation of the following information: 

(1) Description of the basic components 
of each facility, capability in terms of reservoir 
pressure and temperature and corresponding 
range of free stream flow conditions. 

(2) Instrumentation and testing techniques 
routinely used to measure forces and moments, 
surface pressures, surface temperature-time 
histories (heat transfer rates), flow properties 
within the shock layer about the model via survey 
probes (i.e., intrusive techniques), and flow 
visualization (schlieren, oil flow patterns, etc.); also 
included are descriptions of data acquisition 
systems. 

(3) Description of AFC facility upgrades 
performed since 1995 with a discussion of future 
approved and proposed facility enhancements. 

(4) Recent utilization of AFC facilities 
for several high priority fast-paced Agency 
programs (e.g., X-33 and X-34). 

These facilities provide an excellent capability 
for parametric aerodynamic and aeroheating 
studies required in the early design and 
assessment of proposed advanced aerospace 
vehicles and currently are being used to provide 
benchmarking data as well. 
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Table 1. Representative flow conditions. 




Table II. Completed AFC facility upgrades and improvements. 


Modification 

15” M-6 

20" M-6 

31" M-10 

20" M-6 

22" M-15/ 


HT Air 

Air 

Air 

cf 4 

20 He 

Nozzle 

X 


throat 

X 

X 

Filter 

X 

X 

X 

X 

X 

FFSP 


X 

X 

X 

X 

Pitot probe 


X 


X 

X 

Test section 

X 



X 

X 

Model injection 

X 

X 


X 

X 

Hi pressure 

X 





Vacuum 





X 

Fund 

R&D 


'89 CoF 


'88 CoF 

source 

NASP 


'91 CoF 


'89 CoF 


'91 CoF 

'88 CoF 

'96 CoF 

'88 CoF 

'92 CoF 


'93 CoF 

'89 CoF 

'97 CoF 

'89 CoF 

'93 CoF 


'96 CoF 




R&D/ 






maintenance 


Table III. Recent tunnel hardware upgrades and modifications. 


Modification 

15" M-6 
HT Air 

20" M-6 
Air 

31" M-10 
Air 

20" M-6 
cf 4 

22" M-15/20 
He 

Steam 

Ejector 

X 


X 



Variable Area 
Diffuser 

X 





Heat 

Exchanger 

X 





Heater 

Modification 

X 



X 


Nozzle 


X 




Settling 

Chamber 


X 




Reclaimer 

Mods 




X 

X 

DAS 

Upgrades 

X 

X 

X 

X 

X 


Table IV. Enhancement categories for current/future upgrade. 


Tunnel 

Capability 

Productivity 

Reliability 

15-Inch Mach 6 HTA 

Variable area diffuser 
Heater mods 
Test section 

Steam ejector 
DAS upgrade 

Heat exchanger 

20-Inch Mach 6 Air 

Settling chamber 
•Steam ejector 
"Schlieren system 

DAS upgrade 

Nozzle 

20-inch Mach 6 CF 4 

New heater 

DAS upgrade 

N 2 Dewar 
Heater mods 
Reclaimer mods 

31 -Inch Mach 10 Air 

Optical access 
Pitot probe 

Steam ejector 
DAS upgrade 

Heater mods 
Filter 

22-Inch Mach 15/20 He 

Electron beam 

Add'l vacuum 
Add'l reclaimer 
DAS upgrade 

New vacuum 
capability 


•Improvements of existing capability 
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15-Inch Mach 6 Hi Temp. Air 


20-Inch Mach 6 Air 



20-Inch Mach 6 CF4 



31 -Inch Mach 10 Air 



22-Inch Mach 15/20 He 


Fig. 1 Facilities of the Aerothermodynamic Facilities Complex. 



Fig. 2 (a) Effect of normal shock density ratio on AFE 
symmetry plane pressure distributions at 
M % = 6 and = 0° (from Micol, 1 992 ). 



Fig. 3 Effect of gamma on 0.004 scale Space Shuttle 
Orbiter pitching-moment characteristics measured 
in 15-Inch Mach 6 Air and 20-Inch Mach 6 Chf 
Tunnels, M. = 6 and bf= 0° and 16.3°. 


o CF 4 (Tunnel), M. = 6 

CF 4 (Tunnel), M. =6 

□ Air (Tunnel), M. = 10 



, deg 

Fig. 2 (b) Measured and predicted pitching moment 
characteristics for wind tunnel conditions and maximum 
dynamic pressure flight case (from Micol, 1992). 



Fig. 4 Pitot-pressure profiles at nozzle exit for 
various resen’oir pressures in 20-Inch 
Mach 6 CF4 Tunnel (from Micol 1992). 
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Fig. 5 Pitot pressure profiles at nozzle exit for various 
resen’oir pressures in 20-Inch Mach 6 Air 
Tunnel (from Micol, 1995). 



Fig. 6 Effect of Reynolds number on 
windward heating rates for X- 34 at 
M % =6, = 0°, and cs = 0°. 



Fig. 8 Pitot-pressure profiles measured in 31 -Inch 
Mach 10 tunnel for various resen’oir 
pressures (from Micol, 1995). 



Fig. 9 Pitot-pressure profiles measured in the 22-Inch 
Mach 15/20 Helium Tunnel with Mach 20 nozzle for 
various resen’oir pressures (from Micol, 1995). 




Fig. 7 Pitot-pressure profiles measured in 15-Inch 
Mach 6 High Temperature Air Tunnel for various 
reservoir pressures (taken from Hodge, 92). 
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Fig. 10 Pitot-pressure profiles measured in 22-Inch 
Mach 1 5/20 Helium Tunnel with Mach 15 nozzle for 
various resen’oir pressures. 





Fig. 11 Illustration of two-color relative intensity 
phosphor thermography acquisition system. 



Fig. 14 Photograph of 157 probe pitot-pressure rake; 
rake probe spacing equals 0.125 in. 



Fig. 12 Wake survey studies of spherically blunted cone 
model in 20-Inch Mach 6 Air Tunnel. 



Fig. 15 Sketch of three-stage steam ejector augmenting 
vacuum capability for 31-Inch Mach 10 and 15-Inch 
Mach 6 HT Air Tunnels. 



Fig. 13 Comparison of pitot-pressure distributions 
measured with original and new nozzles; 
P f j~ 1500 psia and z/L - 0.5 for 
20-Inch Mach 6 CF 4 Tunnel. 



Fig. 16 Sketch of original diffuser and heat exchanger 
for 15-Inch HT Air Tunnel. 
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Fig. 17 Sketch of variable area diffuser (VAD) 
and new heat exchanger for 15-Inch FIT Air Tunnel. 


Fig. 20 Stereo-Lithography (SLA) X-33 model in 
22-Inch Mach 15/20 Helium Tunnel. 



Fig. 18 Effect of area variation using translating plug 
( WAD ) on total run time in 15-Inch HT Air Tunnel. 


(a) Schlieren Photograph of X-33 Phase I concept 
in 20 Inch M 6 CF 4 . 

Fig 21 Examples of typical aerodynamic and 
aeroheating data base development for 
X-33 phase I, X-34, and X-38 concepts. 





Fig. 19 Sketch illustrating optical access enhancements 
for 31 -Inch Mach 10 Air Tunnel. 
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(b) Aeroheating - Thermographic Phosphor 
Technique; 20-Inch M 6 air; a = 15°; X-34 concept. 
Fig 21 Continued. 



(c) Pitch characteristics at Mach 6 in CF f and air 
for X-38 concept. 

Fig 21 Continued. 



(d) Surface streamlines using oil flow technique for X-33 
Phase I concept; 20-Inch Mach 6 Air; 

Re t 2.0 x l*b/ft. 


Fig 21 Concluded. 
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